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LONGITUDINAL CHARACTERISTICS OF A 3-PERCENT-THICK, 
ASPECT-RATIO-3, DELTA WING CAMBERED AND TWISTED 
FOR HIGH LIFT-DRAG RATIOS 
By Dale L. Burrows and Warren A. Tucker 
SUMMARY 
A wind-tunnel investigation was made for Mach numbers ranging from 
0 . 77 to 1.39 of a 3-percent-thick, aspect-ratio-3, delta wing on a slen-
der cylindrical body through the angle-of-attack range from 00 to 200 
and for Reynolds numbers of about 5 x 106 . The wing was cambered and 
twisted for the purpose of obtaining low drags at lifting conditions. 
A Mach number of 1.2 and a lift coefficient of 0.2 were used as design 
conditions. Although the wing was designed for a supersonic Mach num-
ber, a rather high value of maximum lift-drag ratio of 16 was obtained 
in the high subsonic region. This value was 23 percent greater than the 
value measured with a plane wing of the same plan form and thickness dis- 
tribution and corresponded closely to the value obtained by adding the 
theoretical minimum induced drag coefficient (Lift coefficient)2,
	
	
, to 
t(Aspect ratio) 
the zero-lift drag coefficient of the plane wing. Near the design Mach 
number, the value of lift-drag ratio of 11.5 corresponded to an increase 
in this ratio of 21 percent of that for the plane wing. These compari-
sons are made for about equal conditions of untrimmed moment. The vari-
ation of the pitching-moment coefficient with lift coefficient at zero 
lift was about the same for both wings throughout the Mach number range; 
the cambered and twisted wing, however, had a somewhat more gradual 
change with Mach number. An effect of camber and twist was to provide 
an improvement in lift-curve slope over that of the plane wing through-
out the Mach number range tested. 
INTRODUCTION 
The possibility of realizing improvements in the maximum lift-drag 
ratio at supersonic speeds by the use of wing camber and twist has 
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received considerable attention both theoretically (rem. 1 to 4, for 
example) and experimentally (refs. 5 to 7). Much of the emphasis leading 
to the use of camber and twist has been placed on the load distributions 
in an effort to produce a minimum induced drag at lifting conditions. 
It has been recognized (refs. 3 and 14) that, theoretically, the flat 
wing of triangular plan form with full leading-edge suction has an induced 
drag which is very near the theoretical minimum value for optimum ellipti-
cal loading. Because of the experimental impossibility of obtaining the 
infinite velocities required for full leading-edge suction on a thin flat 
wing, it would seem that the design of a wing should be such as to avoid 
the necessity for infinite velocities at the leading edge. This result 
can be accomplished by putting the leading edge at an ideal angle of 
attack at the desired total lift. Such a condition for a swept wing 
implies the use of camber and twist. To date, however, none of the 
experimental investigations, has been aimed, at achieving a minimum value 
of the drag at a given lift by the use of a contour which is at the ideal 
angle of attack at all points along the leading edge. 
The contour for the present investigation has avoided the require-
ments of a leading-edge suction by specifying that the lifting pressure 
distribution shall be linear in the chordwise direction at all points 
along the span. The general design method is presented in reference 8 
and is applied for the specific case of this investigation in the appen-
dix. The results of reference 8 added stimulus to the present investi-
gation in the theoretical finding, that, for a slender triangular wing 
cambered and twisted under the conditions of linear chordwise lifting 
pressure distribution, the drag due to lift was about half that of a wing 
the same plan form with no camber or twist if no leading-edge suction 
was assumed for the latter. This finding is of importance because the 
practical thin flat wing rarely obtains a high degree of leading-edge 
suction and, therefore, a given plan form could benefit appreciably by 
the use of an' optimum camber and twist. 
In addition to providing a means for obtaining the linear lifting 
pressure distribution, the method of reference 8 permits the spanwise 
and chordwise loadings to be specified. The spanwise loading is the 
spanwise distribution of the load per unit span and in the same sense 
the chordwise loading is the chordwise distribution of the load per unit 
chord. Of interest in-connection with loading is the statement in ref-
erence 1 that, for a slender wing lying near the center of the Mach cone, 
the minimum 'value of the drag with a given lift and span is achieved when 
both the spanwise and the chordwise load distributions are elliptical. 
An extension of this idea is given in reference 3, in which it is pointed 
out that, for wings which are not slender with respect to the Mach cone, 
the optimum chordwise loading is no longer elliptic but should have a 
finite value of the load at the trailing edge. 
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These considerations of lifting pressure and load distributions were 
used in the design of a triangular, wing of aspect ratio 3 and 3 percent-
chord thickness for a Mach number of 1.2 and a lift coefficient of 0.2. 
The resulting cambered and twisted wing was tested on a cylindrical body 
of fineness ratio 9.63. The tests were made at Mach numbers from 0.77 
to 1.39 at Reynolds numbers (based on the mean aerodynamic chord) of 
about 5 x 106 and through an angle-of-attack range from 00 to 200 . The 
longitudinal force and moment data are compared with results for the 
plane wing of reference 7.
SYMBOLS 
Cl C2 	 C11. loading constants in equation (1) of appendix 
2'	 ' CL' CL	 - 
CD	 drag coefficient, Drag 
CD0	 zero-lift drag coefficient of plane wing 
CL	 lift coefficient, Lift qS 
CLopt	
lift coefficient at (L/D),nx
 
C l	 local lift coefficient based on chord,
Lift per unit span 
qc 
local lift coefficient based on local span, 
Lift per unit chord 
qbt 
C	
11. 
M	
pitching-moment coefficient, Pitching moment about c/ 
qS 
L/D	 lift-drag' ratio 
(L/D)	 maximum value of lift-drag ratio max 
P	 lifting pressure coefficient, '6/q 
A .	 aspect ratio of wing 
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b	 total wing span 
b t	 local span of wing to leading edge 
c	 local chord of wing 
Cr root chord of wing
CD -CD 
K drag-due-to-lift factor 	 0 
2 CL 
k plan-form parameter,	 --. 
mi 
M average free stream Mach number at model location 
M cotangent of sweepback angle of leading edge 
m1 cotangent of sweepback angle of trailing edge 
n = 3m 
p free-stream absolute static pressure 
difference in static pressure on upper and lower surface 
Pt free-stream absolute stagnation pressure 
M2 
q. free-stream dynamic pressure, 
7 ratio of specific heat, i. )i- for air 
R free-stream Reynolds number based on 	 ë 
S total wing area
pb/2	
2	 3 1_- wing mean aerodynamic chord, 	 J	 c2 dy =	 Cr "1 0 
s semispan,	 b/2 
t maximum wing thickness at a given spanwise station 
x, y, z rectangular coordinates with origin at wing apex
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a.
= \JM - 1 
= y/s
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distance in x-direction measured from leading edge of 
local chord 
angle of attack for the fuselage center line 
taper ratio of wing plan form 
MODEL 
The configuration details of the model are shown in a sketch in 
figure 1. The wing was of delta plan form and had an aspect ratio of 3. 
The thickness distribution was the NACA 65AO03 distribution superimposed 
on the cambered mean line in planes parallel to the plane of symmetry. 
This thickness distribution is the same as that for the plane wing of 
reference 7. 
• The photographs in figure 2 show the essential features of the wing 
contour. The ordinates of the mean-line surface were designed to give 
optimum lift-drag characteristics at a Mach number of 1.2 and a lift 
coefficient of 0.2. The ordinates were determined , by the method given 
in the appendix and are presented in table I. The loadings used in the 
design method and other contour diagrams of more detail are shown in 
figures 3, 4, and 5. 
The mean line .surface was cambered and twisted and was distinct from 
the conical type of camber in that the only straight line on the surface 
was the trailing edge which allows a certain amount of convenience in 
attaching control surfaces. The trailing edge was made to pass through 
the body center line. The straight line presumably could have been placed 
at the control surface hinge line without altering the over-all aerodyna-
mic characteristics of the wing. 
The longitudinal position of the wing on the body is shown in fig-
ure 1 and is the same as that of the plane wing of reference 7 . Both the 
wing and the body were made of steel. The body of fineness ratio 9.63 
had an ogive (circular arc) nose of 3.5 body diameters in length and the 
rest of the body was cylindrical. The cylindrical part of the body was 
a hollow shell which housed the sting and strain-gage balance. The angle 
of incidence of the wing with respect to the body was determined (from 
the design method described in the appendix) to give zero lift when the 
body was at zero angle of attack.
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APPARATUS AND METHODS
Tunnel 
The tests were conducted, in the Langley transonic blowdown tunnel 
in which Mach numbers up to 1.4 can be attained. At a given Mach number, 
the Reynolds number can be varied from approximately 8 x 106 to 24 x 106 
per foot of chord by varying the stagnation pressure from 25 pounds per 
square inch absolute to 70 pounds per square inch absolute. The Mach 
number distribution in the longitudinal direction at the model location 
was constant within ±0.01; the tunnel calibration of the Mach number 
distribution is presented in reference 7. 
Tests 
The investigation covered a Mach number range from 0.77 to 1.39 at 
angles of attack from about 0 0 to 120 for a pressure of 70 pounds per 
square inch, absolute and from 100 to 200 at 35 pounds per square inch, 
absolute. For a Mach number of 1.39, data were obtained at a stagnation 
pressure of 50 pounds per square inch, absolute at angles of attack of 
about 00 to 120 . The limits of angle of attack were dictated by balance-
load limitations or by the angle-of-attack mechanism. Reynolds numbers 
based on 6 for the various stagnation pressures are shown in figure 6. 
For all tests, the surface of the model was in a smooth condition. Shock 
reflections from the tunnel wall intersected the model at Mach numbers 
between about 1.04 and 1.10. Inasmuch as this condition may have intro-
duced appreciable tunnel-wall effects on the force and moment data, no 
such data are presented in this Mach number range. 
Measurements 
The thodel was attached to an internal three-component strain-gage 
balaice, which in turn was attached to a sting. (See fig. 1.) A small 
pressure tube extended inside the base of the body for the purpose of 
recording base pressures. Normal-force, chord-force, pitching-moment, 
and base-pressure data were recorded simultaneously on film. The chord-
force coefficient was adjusted to a condition of base pressure equal to 
free-stream static pressure. Normal-force and chord-force coefficients 
were converted to lift and drag coefficients by the usual methods. Mach 
numbers shown with the data are accurate to about ±0.01 and angles of 
attack are accurate to about ±0.10. 
Corrections 
Reference 9 shows that, for slotted tunnels where the ratio of model 
size to tunnel size is about that of the present investigation, the jet-
boundary effects are negligible; therefore, no such correction has been 
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made to the data. Angle of attack was corrected for sting and balance 
deflection resulting from aerodynamic load. 
A loading test to determine the effects of elasticity on the plane 
wing of the same thickness and plan form as the present wing (ref. 7) 
indicated that aeroelasticity might have produced a maximum decrease 
in lift-curve slope of the order of 2 percent and a forward shift in 
aerodynamic-center position of about 0.01E. Although the camber and 
twist affords an added rigidity, this effect is probably offset by the 
increased loading of the tip and hence the present wing might be expected 
to have a similar degree of aeroelastic effects as the plane wing. In 
the data presented, no correction for aeroelasticity has been applied. 
RESULTS AND DISCUSSION 
An index of the figures presenting the results of this investigation 
follows:
Figure 
CL against a ...........................7 
againstN	 ........................8 
\dct /CL=O 
CD against CL	 ..........................9 
CD against M (at constant lift) ................. 10 
L/D against CL .......................... 11 
(L/D) 11	 and CL0pt against M ................... 12 
CL against Cm
	
..........................13 
against M	 ....................... lhi 
\dCL)C0 
Throughout the discussion of the results of this investigation, 
comparisons are made between the measured results for the cambered and 
twisted wing and the measured results for the plane wing of the same 
plan form and thickness distribution reported in reference 7. The theo-
retical drag due to lift characteristics for the cambered and twisted 
wing is of interest throughout the Mach number range but has not been 
generally determined because of the great complication in making the 
calculations for other than the design condition. As indicated in ref-
erences 3 and 1, however, the theoretical full leading-edge suction 
induced-drag predictions for plane triangular wings would be close to 
the optimum and, therefore, would seem useful as a basis of comparison 
with the measured results of the cambered and twisted wing. 
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Lift characteristics. - The basic data of lift coefficient plotted 
against angle of attack is shown in figure 7. At all Mach numbers tested, 
the variation of lift was nearly linear with angle of attack up to lift 
coefficients of about 0.4. There was only a slight rounding off of lift 
coefficients with angle of attack up to lift coefficients of 0.9. The 
angle of attack for zero lift is seen to be about 1.20 for Mach numbers 
up to about unity and drops to about 0.85° for low supersonic Mach num-
bers. (Also see plot in figure 8.) The case of zero lift at positive 
angle is, of course, equivalent to negative incidence although the model 
was designed for zero incidence. Whether this amount of Incidence Is 
desirable from a consideration of optimum lift-drag ratio is not known. 
The values of the lift-curve slope at zero lift are shown in fig-
ure 8 where it may be seen that the usual characteristic increase in 
CL with Mach number occurs in the subsonic range. The value of CL ,
	 -	 a. 
increases from 0.056 at M = 0.76 to 0.072 at M = 0.98 and returns 
to a value of 0 . 056 at M = 1.3. The slope of the lift curve for the 
cambered and twisted wing is about 8 percent higher than for the plane 
wing in the subsonic range and about 4 percent higher in the supersonic 
range. 
The theoretical lift-curve slopes presented in figure 8 for the plane 
wing-body combination were determined by the method of reference 10. This 
method required the wing-alone lift-curve slopes which were obtained from 
the theories of DeYoung and Harper (ref. 11) and Brown (ref. 12) for the 
subsonic and supersonic speed range, respectively. In the subsonic range 
C1 for the cambered and twisted wing falls on or near the theoretical 
value for the plane wing (fig. 8). This result suggests that the cambered 
and twisted wing had a negligible amount of separated flow. In the super-
sonic range, C
	 for the cambered and twisted wing was only slightly 
closer to plane-wing theory than the plane-wing results. The reason for 
the improvement being so slight is not apparent. 
Drag characteristics.- The basic drag results are plotted as drag 
coefficient against lift coefficient in figure 9. Cross plots of drag 
coefficient against Mach number are shown in figure 10 for lift coeffi-
cients of 0.1, 0.2, 0. 3, 0.4, 0. 5, and the lift coefficient corresponding 
to minimum drag coefficient. The effect of camber and twist is to make 
the minimum drag occur at a lift coefficient of about 0.1 in the subsonic 
range. In the supersonic range, the value of the lift coefficient for 
minimum drag decreased with increasing Mach number, probably because of 
loss of camber benefits as the Mach cone approached the leading edge. 
The minimum drag coefficient for the cambered and twisted wing has 
about 0.01 for Mach numbers between 0.77 and 0.94 and reached a value of 
about 0.018 at a Mach number of about 1.10. At higher Mach numbers, the 
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minimum drag coefficient drops slightly to 0.017 at M = 1. 39 . These 
values of the minimum drag coefficient are about 10- to 30-percent higher 
than those for the plane wing through the Mach number range up to the 
design Mach number. At the design Mach number the increase was about 
10 percent.	 - 
The minimum drag coefficient is shown to approach the plane-wing 
value as closely at the design Mach number (1.2) as at subsonic speeds. 
On either side of this Mach number, however, the drag rises rapidly, 
which suggests that the camber acts similarly to additional thickness at 
Mach numbers higher than the design Mach number; whereas, at Mach numbers 
below the design value, the increases in drag probably result from a 
carry-over of the usual transonic drag-rise effects. The transonic rise 
in minimum drag coefficient for the cambered and twisted wing was about 
0.0080, which is somewhat higher than the value of 0.0066 for the plane 
wing. Both wings, however, have about the same percentage (75 percent) 
of drag rise through the transonic range. 
At higher lift coefficients, such as 0.3 and 0.7 shown in figure 10, 
the drag coefficient of the cambered and twisted wing is appreciably lower 
in the high subsonic Mach number range than that of the plane wing. For 
example, at a Mach number of 0.98 and a lift coefficient of 0.5, the drag 
coefficient of the cambered and twisted wing is 25 percent lower than 
that of the plane wing at the same condition. The difference in drags at 
high lift would appear to be of considerable interest in connection with 
performance in high-speed maneuvers. The cambered and twisted wing also 
shows gains in drag at higher lifts at supersonic speeds especially at 
the design Mach number (1.2). 
Values of the lift-drag ratios are plotted against lift coefficient 
in figure 11 and were used to obtain the maximum values of lift-drag ratio 
that are shown in figure 12 plotted againt Mach number. In addition, 
values of the lift coefficient at maximum lift-drag ratio (CL opt)are 
shown in figure 12. Although the cambered and twisted wing was designed 
for a supersonic Mach number, large gains were obtained in values of the 
maximum lift-drag ratio at subsonic speeds over those of the plane wing. 
At a Mach number of 0. 95, for example, the maximum lift-drag ratio for 
the cambered and twisted wing was 16 as compared with 13 for the plane 
wing, so that a gain of 23 percent was realized. This gain is appreciable 
as compared with the gain of 5 percent for the cambered (no twist) wing 
of reference 7. 
The theoretical values of maximum lift-drag ratio presented in fig- 
1
-1,ure 12 were obtained from the relation 	 For full leading-edge 
C 
suction, the drag-due-to-lift factor K for subsonic speeds was taken
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as - and , for supersonic speeds was obtained from reference 12. The icA 
values of K for zero leading-edge suction were taken as 
57.3 dCL 
IdCL\
	
(CLM )c L =0 
where the theoretical value of (-J	 was obtained from figure 8. \	 ,C=O 
At subsonic speeds up to a Mach number of 0. 95, the cambered and 
twisted wing gave values of maximum lift-drag ratio that were about equal 
to the calculated values for the plane wing. A comparison of calculated 
and measured drag coefficients plotted against lift coefficient are shown 
in figure 15 for several representative Mach numbers. The calculated 
drags were determined by adding the theoretical value of the drag due to 
lift with full suction to the minimum experimental drag of the plane wing 
of the same plan form and thickness distribution (ref. 7). The measured 
drags are about equal to the calculated drags for lift coefficients between 
approximately 0.1 and 0.3 for Mach numbers up to 0.95. This result led to 
the conclusion that the profile drag of the cambered and twisted wing at 
optimum lift was equal to the profile drag of the plane wing at zero lift 
and the induced drag was equal to the theoretical minimum CL2/ICA (except 
for very low aspect ratio effects as discussed in reference 13). This 
conclusion must result because the profile drag of the cambered and 
twisted wing at any lift would not be expected to be less than the profile 
drag of the plane wing at zero lift and the induced drag cannot be less 
than the theoretical value. The possibility that the profile drag of the 
cambered and twisted wing at the optimum lift could be as low as the zero-
lift profile drag of the plane wing is entirely reasonable because of the 
low loading at the leading edge which is near the ideal angle of attack. 
In addition it is of interest to note that, since part of the total drag 
is equal to J_- (the theoretical potential flow minimum), this part of 
irA 
the measured drag cannot be reduced by changes in Reynolds number. The 
value of the maximum lift-drag ratio, however, can be changed by Reynolds 
number but only through its effect on profile drag. 
At supersonic Mach numbers, the variation in maximum lift-dragratio 
with Mach number is somewhat unusual (fig. 12). At the design condition 
(M = 1.2), the cambered and twisted wing had a value of the maximum lift-
drag ratio of 11.5 which is 13 percent higher than predicted by theory 
for the plane wing and 21 percent higher than measured on the plane wing. 
At supersonic Mach numbers on both sides of the design condition, the 
value of maximum lift-drag ratio dropped off markedly which suggests that 
the cambered and twisted wing is sensitive to Mach number. This result 
suggests that the optimum configuration of camber and twist should be 
quite different for each supersonic Mach number. On the other hand, it 
is possible that no configuration would have values of maximum lift-drag 
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ratio in the Mach number range from 1.0 to 1.1 much higher than are 
obtained by the plane wing of reference 7, as suggested by the result 
that the cambered wing (no twist) of reference 7 as well as the present 
wing affords very little improvement over the plane wing; this possibil-
ity is further indicated by the fact that the present cambered and twisted 
wing performs especially well both at a Mach number of 0.95 and 1.2 - that 
is, on both sides of the low transonic region. The reduction of maximum 
lift-drag ratios at Mach numbers somewhat higher than the design condi-
tions could easily come about because of the increased profile drag 
(possibly separation) at lifting conditions and possibly reduced forward 
thrust at the off-design condition as the Mach cone approaches the leading 
edge.
The fact that the maximum lift-drag ratio is higher than the theo-
retical value for the plane wing at the design Mach number (1.2) is 
believed to be due in part to favorable effects of upwash produced by 
the body-wing combination and low-aspect-ratio effects which were not 
taken into account in the theory. Furthermore the theoretical method of 
determining the effect of the approach of the Mach cone to the leading 
edge on the possible amount of leading-edge suction may be somewhat 
inexact. In any case it can be shown that the measured values of lift-
drag ratio are appreciably less than the values that would be obtained 
by using the minimum induced drag corresponding to CL2/tA (which does 
not include any estimates of Mach cone compressibility effects). The 
fact that the experimental lift-drag ratios are higher than predicted by 
the particular supersonic theory used merely means, in part at least, 
that the results indicated a smaller degree of compressibility effects 
than would be predicted by theory. 
Pitching-moment characteristics. - The basic pitching-moment data 
are presented in figure 15 as a function of lift coefficient. In general, 
it may be observed by comparisons with the results of reference 7 that 
the variation of pitching-moment coefficient with lift coefficient for 
the cambered and twisted wing is about as irregular (possibly slightly 
more so) than for the plane wing at all Mach numbers tested. The trim 
condition for the cambered and twisted wing occurred at a positive lift 
coefficient of about 0.05 and hence the cambered and twisted wing requires 
less trim (and thus less trim drag) than would be required by the plane 
wing at low lift coefficients. In the untrimmed condition, however, com-
parison of both wings at low lifts showed that the cambered and twisted 
wing had a higher drag than the plane wing. The relative merits of the 
two wings from consideration of drag at trimmed conditions and low lift 
is not obvious. The values of the pitching-moment coefficient at the 
optimum lift coefficient, however, are seen in figure 16 to be about the 
same for both wings throughout the Mach number range and, therefore, the 
relative gains in maximum lift-drag ratio indicated in figure 12 are 
indicative of the relative merits of the two wings in the trim condition. 
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The slope of pitching-moment coefficient against lift coefficient 
at zero lift shown in figure i li- indicates that the cambered and twisted 
wing has about the same aerodynamic-center position as the plane wing 
throughout the Mach number range. The cambered and twisted wing appears 
to-provide some advantage over the plane wing in that the aerodynamic-
center shift through the Mach number range is more gradual. Trends with 
Mach number agree with theory, but theoretical values of the aerodynamic-
center position are somewhat (as much as 0.010 rearward of the experi-
mental values. The theoretical values of aerodynamic center for the 
plane wing-body combination were determined, by the method of reference 10. 
This method required the wing-alone lift-curve slopes, which were obtained 
from references 11 and 12, and the wing-alone centers of pressure, which 
were obtained from reference 14. 
CONCLUSIONS 
Transonic wind-tunnel tests at Mach numbers from 0.77 to 1.39 on a 
3-percent-thick, aspect-ratio-3, delta wing cambered and twisted for 
optimum lift-drag ratios at a design Mach number of 1.2 and a lift coef -
ficient of 0.2 has resulted in the following conclusions and comparisons 
with a plane wing of the same plan form and thickness distribution: 
1. The cambered and twisted wing when compared to the plane wing 
showed an increase in the lift-curve slope throughout the Mach number 
range.
2. The minimum values of the drag coefficient were about 10 to 
30 percent higher for the cambered and twisted wing than for the plane 
wing through the Mach number range up to the design Mach number; at 
moderate and high lift coefficients up to the design Mach number, the 
cambered and twisted wing showed appreciable drag reductions as compared 
with the plane wing. 
3. The cambered and twisted wing produced large gains in maximum 
lift-drag ratio in comparison with values for the plane wing and reached 
values of this ratio of 16 near a Mach number of 0. 95, which corresponded 
closely to the theoretical minimum induced drag and amounted to a 23 per-
cent gain as compared with the plane-wing results. Near the design Mach 
number, the camber and twist produced values of the maximum lift-drag 
ratio (11.5) which exceeded the values obtained by the particular plane-
wing theory used by 13 percent and the measured plane-wing results by 
21 percent. 
4. The cambered and twisted wing appeared to be sensitive to Mach 
number in the supersonic range, inasmuch as the maximum lift-drag ratio 
dropped off rather sharply above and below the design Mach number. 
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5. At the lift coefficients corresponding to maximum lift-drag 
ratio, the cambered and twisted wing and the plane wing had about equal 
values of the pitching-moment coefficient through the Mach number range. 
6. The aerodynamic centers of both wings were very nearly the same; 
however, within the small differences noted, the cambered and twisted 
wing had a slightly more gradual shift of aerodynamic center with Mach 
number than the plane wing. 
Langley Aeronautical Laboratory, 
National Advisory Committee for Aeronautics, 
Langley Field, Va., May 24, 1955. 
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APPENDIX A

DESIGN PROCEDURE FOR TWISTED AND CAMBERED WING 
General Method 
In the calculation of the desired twist and camber of the wing, no 
attempt was made to account for the presence of the body. The wing was 
treated as if it extended to the center line of the body, and the body 
was regarded as nonexistent. The general design procedure made use of 
the method of reference 8 to determine the ordinates of a .zero.-thickness 
wing that would have the desired chord.wise distribution of lifting pres-
sure and the desired load distribution (approximately elliptic in both 
the spanwise and the chordwise directions). The method essentially 
involves the use of generalized tables that give the ordinates of the 
mean-line surface as a function of the Mach number, wing-plan-form geom-
etry, load distribution, and lift. The wing ordinates were next modified 
by shearing the spanwise stations vertically (without changing the local 
angle at any station) so that the wing trailing edge became a straight 
line. This modification to the calculated ordinates, which should have 
little aerodynamic effect, was made in order to give a wing on which a 
trailing-edge control might easily be mounted. The desired thickness 
distribution (that of the NACA 65AO03 airfoil section) was then super-
imposed on the zero-thickness wing. Finally, the wing was mounted on 
the body so that at the design Mach number (M = 1.2) the total lift of 
the configuration would be approximately zero when the body was at zero 
angle of attack.
Detailed Calculations 
The' lifting pressure coefficient described by equation (2) of ref-
erence 8 was used to obtain the load distribution:
 + L4 (0•) 2	 () 
CL CL 1 - ? CL cr CL 	 CL 
The procedure followed in determining the constants is in most 
respects like that used in example IV of reference 8. Thus, the spanwise 
load distribution is given by equation 9 of reference 8, 
ccj =
	
+ 1 - k c2\	 (Cl k	 -	 - 
crCL	 CL	 2	 - L	 CL CL) 
 
'1 + k C2 + C - CL CF2
	 C1l 
-	 (2) 
2CL CL)	 CL
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Cl C2	 C1 
and the values of the constants —,  
L	
—, and. —UL 
'-'	 L 
terms of — (equations (iii. ) of reference 8): 
CL
CL CL 
CL I('	 CL 
C4 6	 16 
CL It
may be expressed in 
(3) 
Also, as for the example mentioned, the chordwise load distribution (in 
the same sense as spanwise load distribution) is given by the following 
equation:
___ - --+
	
-	 + '2 l6(x 
bCL - CL Cr	 \It 2 CL) cr)	
-	
(4.) 
(In reference 8, this quantity was designated as Local lift/Total lift.) 
For the present case, the load given by equation (1) is specified to be 
equal to 0.2 at the trailing edge ( x/cr = 1) rather than zero as in 
example IV of reference 8. This condition was imposed on the basis of 
the statement in reference 3 that for wings which are not slender with 
respect to the Mach cone, the optimum chordwise loading should not be 
elliptic, but should have a finite value at the trailing edge. No method 
was available for determining the optimum trailing-edge load, so a value 
of 0.2 was chosen arbitrarily. A calculated value of the drag for this 
trailing-edge load was lower than the calculated drag for the condition 
of zero load at the trailing edge so that the choice of 0.2 was an 
improvement, though probably not the optimum value. 
The condition on the chordwise load at the trailing edge determines 
the value of L2 from equation (ii.); the other constants can then be 
CL 
evaluated from equation (3). The final numerical values of the constants 
are as follows:
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Cl fl	 ) =	 = 2.7512 
CL CL	 I 
=	 .2292	 L 
CL I 
j 
= 0.9070
(5) 
The chord.wlse and spanwise loadings corresponding to this set of 
constants is shown in figure 3. For comparative purposes, elliptic 
loadings are also shown in the figure. 
The values of the constants from equation (5) can be used with 
table II of reference 8 to calculate the zero-thickness wing ordinates 
before shearing. The other quantities to be used in the table are as 
follows: ? = K = 0, m = 0.7536, M = 1.2, n = 0.5, CL = 0.2 (the 
value of RVE used in reference 8 for fixing the aerodynamic center is 
not used for this example)'. The calculations are straightforward and 
need no further explanation. A solution for the wing contour at the mid.-
span would result in an infinite angle of attack. This singular result 
is of course of no consequence due to the fact that a fuselage body will 
in most cases cover this portion of the wing. 
The constants of equation (5) can be put in equation (1) to give the 
following equation for th distribution of lifting pressure coefficient: 
	
= 2.7512 (1 + ) + 0.907a - 4.2292 --	 (6) 
CL	 Cr 
Chordwise contours of the wing mean-line surface and the lifting 
pressure distribution are shown in figure 4 for the design condition. 
The contours have been sheared vertically to give a straight trailing 
edge, as mentioned in the preceding discussion. In order to give a 
clearer picture of the details, the chordwise contours are shown in 
percent of local chord and to an enlarged vertical scale in figure 5. 
Ordinates for the mean line surface are presented in table I and 
the system of axes used is shown in figure 17. The x'/c axis is alined 
with the free-stream velocity for the condition of M = 1.2 and CL = 0.2. 
The body axis was placed at an angle of incidence of 2.92 0 with respect 
to the x'/c axis; this angle was determined by taking the theoretical 
value of dCL/da, for the plane wing (0.0685 deg- 1) and converting to 
degrees at a lift coefficient of 0.2 in order to obtain approximately 
zero lift on the configuration when the body is at zero angle of attack. 
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(a) Chordwise loading. 
.8 
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cP CL .4 
/0 .6 .6 .4 .2	 0 .2 .4 .6 .8 1.0 
0 
(b) Spanwise loading. 
Figure 3, Calculated load distributions for twisted and cambered wing
at design attitude. 
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Figure 4• - Calculated shape and pressure distribution for twisted and

cambered wing at design attitude. M = 1.2; CL = 0.2; m = 2.920. 
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Figure 5.- Ordinates of twisted and cambered wing in terms of the local 
chord at M = 1.2, CL = 0.2. 
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Figure 10.- Variation of drag coefficient with Mach number of various 
values of lift coefficient for the wing-body combination. Cambered 
and twisted delta wing; A = 3; t/c = 0.03. 
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Figure 12.- Variation of (L/D) max and CLt with Mach number for the 
wing-body combination. Delta wing; A 
= 3; t/c = 0.03. 
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